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Static Aerodynamics of Missile Configurations
for Mach0to3

F. G. Moore*
Naval Surface Weapons Center, White Oak Laboratory, Silver Spring, Md.

Several theoretical and empirical procedures are combined to form a useful design tool for computing static
aerodynamics on gun-launched guided projectiles and missiles. The Mach number and angle-of-attack range
over which the method is applicable are 0 <M <3 and 0 < oc <15°, respectively. Body and wing geometries
can be quite general in that pointed or blunt nose bodies and sharp or blunt leading-edge wings can be assumed.
Computed results for several configurations compare well with experimental and other analytical results. The
computer program is cost effective as it only costs about $5 per Mach number to compute the lift, drag, and
pitching moment of a typical wing-body shape on the CDC 6700 Computer.

Nomenclature
R =aspect ratio
b =wing span (does not include body radius)
c =chord length at any point along span
Cy =axial force coefficient = Cp,
Cap =trailing-edge separation drag coefficient
Cp, =zero lift drag coefficient
Cy =pitching moment coefficient measured about

nose tip (positive nose up)

Cu, =pitching moment coefficient derivative (dC,,
/dax)

Cyn =normal force coefficient

Cn, ' =normal force coefficient derivative (dC/da)

Cp =pressure coefficient

Cpp =base pressure coefficient

Chpy =stagnation pressure coefficient

c,, =chord length at root of the leading-edge por-
tion of a modified double wedge airfoil section

Cy =chord length at root of the trailing-edge por-
tion of a modified double wedge airfoil section

d =body diameter

Ky, =ratio of lift of body in presence of wing to that
of the wing alone

K, =ratio of lift of wing in presence of body to that
of wing alone

K gy =ratio of lift on body in presence of wing, due
to a wing deflection, é, to that of wing alone

k; =k, =tan A;

K sy =ratio of lift of wing in presence of body, dueto
a wing deflection, 6, to that of wing alone

M =Mach number

r =radius of body (variable)

rig =radius of wing leading edge in a plane normal
to leading edge

Frg =radius of wing trailing edge in a plane normal
to trailing edge

Ster =reference area (maximum body cross-sectional

area unless wing alone is considered in which
case the wing planform area is used)
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S, =wing planform area

s =wing semispan plus body radius at wing root
chord

{ =wing thickness (variable)

u,u,w =perturbation velocities in the x, y, z directions,
respectively

1% =total velocity, V? = (Ug +u)? +0v? +w?

X,Y,2 =rectangular coordinate system with x at nose

tip, y out right wing, and z positive up. If no
body is present, x begins at wing root chord.

@ =angle of attack

8 = (M2~ 1)"

v =ratio of specific heats (y=1.4 for air)

8 =angle between a tangent to the local body or
wing surface and freestream direction

€; =angle on blunt leading edge where Newtonian
theory stops and perturbation theory begins
(match point)

0 =cylindrical coordinate measured with 8=0 in
leeward plane

A; =sweepback angle of a wing generator (i=1, 2,
3, 4) with i =1 the wing leading edge and i =4
the wing trailing edge

X =ratio of tip chord to root chord (¢, /c,)

© =Mach angle, p=sin"/(1/M)

¢ = velocity potential

X =wedge half angle (measured parallel to
freestream) of wing airfoil section

Subscripts

cp =center of pressure

fb =force break Mach number

r =root chord

t =tip chord

I =wing for which slender body values of in-
terference lift are known

4 =wing with sweep for which representative
values of interference lift are desired

o = freestream conditions

I. Introduction

UITE often the aerodynamicist, when he works with

or near a design group, is faced with the task of
estimating such important design parameters as range, static
margin, maneuverability, and other design properties of a
given configuration. Once the design engineer obtains the
data he is secking, the next question the aerodynamicist must
answer is, ‘““How can 1 improve the configuration so its
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Fig.1 Basic configurations (illustration only).

aerodynamic properties are better?”’ Ultimately, an iteration
cycle will probably be made in which several different con-
figurations will be considered before the two or three most op-
timum candidates are chosen for further study. The important
point to be made here is that for each of the aforementioned
configurations, static aerodynamics (lift, drag, and pitching
moment) must be estimated before questions concerning such
things as range and maneuverability can be answered.

To obtain this set of aerodynamic coefficients, the engineer
can go one of three directions: he can conduct a wind tunnel
test which will be costly and time consuming and probably
produce results which are more accurate than warranted for
preliminary and intermediate design; he can perform hand
calculations using handbook techniques' and applicable ex-
perimental data but not have a good accuracy estimate of the
results; or he can develop a computer program based on
analytical techniques which is efficient and produces ac-
curacies on the order of =+10%. The latter alternative,
although being more costly and time-consuming initially, is
the best approach for long-term use and is the procedure
which will be addressed in this paper.

To be of practical use to the Navy, the theory must compute
static aerodynamics for the Mach number and angle-of-attack
range of most projectiles and missiles, that is 0<M ,, <3 and
0 <a=<15°, respectively. Also, quite general body and wing
geometries must be considered. This arises from the fact that
projectile noses may be pointed, truncated, or spherically
blunt. Another contributing factor to the complex geometries
is the high setback forces at launch which means the wings
and canards must be quite thick to survive the initial g
loads. Moreover, there may be two ogives on the nose (in the
case of a fuze or blunt seeker) and a boattail pre<ent for drag
reduction purposes. Figure 1-illustrates the g eral type of
projectile geometries that are encountered. L, designing a
computer program to haadle such complex geometries means
that most missile configurations can also be considered.

Several works existed previously which could fulfill por-
tions of the present goal of a general aerodynamic prediction
program, but none of which was satisfactory in its entirety.
The most notable of these is that due to Woodward.2 Wood-
ward uses perturbation theory to compute the pressure
distrubition on wing-body combinations in subsonic and
supersonic flow. However, the bodies must be pointed and the
wing leading edge sharp. Also, he does not calculate the base
and skin-friction drag or the nonlinear angle of attack effects.
Moreover, no consideration is given to transonic flow.
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Fig.2 Methods used to compute body-alone aerodynamics.

Another method available for calculating aerodynamics on
wing-body configurations is that of Saffell et al.? This
procedure computes static aerodynamics on low aspect-ratio
missile configurations. Its applicability to general aspect-ratio
configurations is thus questionable, particularly at small «.
Furthermore, drag was calculated by handbook techniques'
and is also quite inaccurate at small «. The last method of
practical use in projectile work is the all-empirical GE ‘‘Spin-
ner’”’ program.* However, its applicability is for spin-
stabilized projectiles only. Thus, guided projectiles (or
missiles) cannot be considered.

It is apparent then, from the preceding discussion, that
there is a definite need for an analytical method to compute
static aerodynamics which can take into account body nose
and wing leading-edge bluntness, angle of attack, and still
cover subsonic through supersonic flow. The theory should be
accurate enough to replace preliminary and intermediate
wind-tunnel testing yet computationally fast enough so it can
be used as an efficient design tool.

II. Analysis

Body-Alone Methods

The body-alone work has been presented previously® and as
such will only be highlighted for continuity purposes in this
paper. For further details, see either Ref. 5 or 6.

A summary of the various analytical and empirical
procedures which have been combined to compute lift, drag,
and pitching moment for complex body geometries and at
0<a=<15° and 0 <M < 3 are shown in Fig. 2. Most of the
methods are standard in the literature with the exception of
the combined Newtonian-perturbation theory used to-
calculate nose wave drag. Since this procedure is new, it will
be briefly outlined.

For pointed nose bodies where the local body slope is less
than the freestream Mach lines, Van Dyke’s perturbation
theory 1is sufficient to calculate the entire pressure
distribution. If the nose is blunt, the perturbation theory is
not applicable at the nose tip so it is combined with modified
Newtonian theoiy.

The modified Newtonian pressure coefficient is

Cp=C,sin?é )

where the stagnation pressure coefficient behind a normal
shock is

2 (y+1)MZ, v/ (=D
€= ar U 2 ]
YM

ST ®
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and where 6 is the slope of the surface relative to the
freestream. For a spherical nose this is

d=sin~7[sinB’ cosa—cosB’ coshsina] ?3)

where tan 8’ =dr/dx.

Assuming that the pressure coefficient over that portion of
the body where the local slope is small can be calculated by
perturbation theory, the only question that now remains so
far as the supersonic Mach number region is concerned is
where does the modified Newtonian theory end on the surface
and where does the perturbation theory begin. To determine
this match point, recall that the slope of the body surface
must be less than the Mach angle to apply perturbation
theory, that is §<sin~/ (1/M,). Thus, the upper limit of the
perturbation theory is

s=sin~! (1/M,) @)

Using this relation in Eq. (3) and assuming a spherical nose
cap there is obtained for the coordinates of the point below
which Newtonian theory must be applied

ry=rp/My [ (Mg —1)"cosa+sinal
X, =rytan a+r, [1—1/(Mgcos a) ] )

It is important to note here that if x>x, Newtonian theory
may still be applied but if x<x, perturbation theory cannot
be applied.

The limiting angle of Eq. (4) corresponding to the coor-
dinates of Eq. (5) is shown in Fig. 3 as the upper curve. Note
that very large angles can be considered using the perturbation
theory at the lower Mach numbers. However, as shown by
Van Dyke’ the loss in accuracy of perturbation theory in-
creases rapidly as the angle 6 is increased. Realistically, since
at an angle of 25°-30° the error is still slight the maximum
angle 6 for which perturbation theory is applied should not ex-
ceed these values. Based on these accuracy considerations, the
Newtonian theory should be applied for § values outside the
solid line boundary of Fig. 3 and perturbation theory within
the boundary. Now the match point, which is defined as the
point where the pressure coefficients of the Newtonian theory
and the perturbation theory are equal, can be determined as
the solution proceeds downstream. For body stations down-

70!
‘\ \\
\
\
60¢
\
504 \ SUPERSONIC FLOW(Mg,21.2)
s04 3= SIN~' (1/ Mg)
NN N VAN

NEWTONIAN THEORY

N

20¢

PERTURBATION THEORY f

104 // /

ol + + 4 /A
20 25 30 35

i0 15
Fig.3 Boundaries of perturbation and Newtonian theory.

LOCAL SUﬁFﬁCE SLOPE WITH RESPECT TO Voo DIRECTION - 8 (DEGRESS)

MACH NUMBER— Mg

STATIC AERODYNAMICS OF MISSILES FORMACHO0TO 3

799

O DXPERMENT (M <2)

1% ORDER PERTURBATION

O3 orOER PERTURBATION
NEW TONIAN

— X

Fig. 4 Combined Newtonian and perturbation theory for a blunt
leading edge.

8DEG EXP{(Ref.8) THEORY
[ -] ————
e 90° [ ——
180° s —
SHOCK EXPANSION THEORY
e
A a A \ Y
e «
6 8 Lo} 2 14
5°

04

- - X

Fig. 5 Comparison of theory and experiment for blunted cone; r, /
rg=0.35,M, =1.5,and «=8".

stream of the match point, perturbation pressures are used in
the force coefficient calculations whereas for x values along
the surface less than that at the match point, Newtonian
pressures must be used. This is indicated qualitatively in Fig. 4
where x, is the match point for second-order perturbation and
Newtonian theory and x; the match point for first-order per-
turbation and Newtonian theory.

It is of interest to compare the pressure coefficients pre-
dicted by the combined perturbation Newtonian theory with
experiment. Figure 5 presents a typical comparison at
M, =1.5. These experimental data are taken from Ref. 10
which combined modified Newtonian theory with shock ex-
pansion theory to compute forces on blunted cones. The
asymptotes of the pressure coefficient in each of the planes
computed by the method of Ref. 10 are also indicated on the
figures. As seen in the figure, the present theory predicts the
aerodynamics much better than shock expansion theory at
M =1.5. For the very same blunted cone at M, =2.96 (not
shown) the present method gave values for the pressure and
force coefficients which were about the same as those of
shock expansion theory. The reason for this is that the per-
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turbation theory was derived assuming shock-free flow with
entropy changes slight; hence the theory should be most ac-
curate in the lower supersonic speed regime. On the other
hand, shock expansion theory was derived assuming a shock
present and so one would expect this method to be better than
perturbation theory as M, is increased. Apparently, the
crossover point is around M, =2.5 to 3.0 so that for the
major portion of the supersonic speed range of interest in the
present analysis, perturbation theory is more accurate.

Another interesting point in Fig. 5 is the discontinuity in
slope of the pressure coefficient curve which occurs at the
match point. This is because in the expansion region on the
spherical nose the perturbation pressure decreases much more
rapidly than the Newtonian theory and, as a result, the
overexpansion region, which occurs at low supersonic Mach
numbers, is accounted for quite well. Note that the match
point is different in each plane around the surface (x=0.11 to
0.14).

Wing and Wing-Body Interference Methods

A summary of the various theories used for calculating
static aerodynamics of the wing alone and for computing the
wing-body interference lift is given in Fig. 6. Several of the
methods are standard in the literature and could be applied
directly with no modifications. For example, the wing lift was
calculated by linear theory!! in supersonic flow and by lifting
surface theory'? in subsonic flow. Knowing the lift coefficient
at the lowest supersonic Mach number computed, M, =1.2,
and at the highest subsonic Mach number, M, =M, one can
then empirically define the lift in the transonic speed regime.
The technique used is that described in DATCOM! and is a
function of wing sweep, Mach number, aspect ratio, and
wing-thickness ratio. Also the wing-tail interference lift was
computed by standard line vortex theory!?® and the skin fric-
tion drag by the method of Van Driest.!* Reference 15 gives a
detailed discussion of these methods.

For the remaining static aerodynamics, that is wing-body
interference lift, wave drag, trailing-edge separation drag,
and body base pressure drag caused by the tail fins, existing
methods had to be modified or empirical procedures
developed for calculation purposes. These new methods will
now be discussed individually.

Wing Wave Drag

It will be assumed a priori that the wing is symmetric about
the x-y plane so that no camber is present. Furthermore, the
wing will be assumed to be thin with either a modified double
wedge (Fig. 7) or biconvex airfoil section. However, by
assuming a modified double wedge only requires that straight
lines exist between points A and B, B and C, and D and E (see
Fig. 7). These straight lines could then be any percentage of
the entire chord. For example, if BD were zero the airfoil
would be a double wedge design or if both BD and DE were
zero, the airfoil would be a wedge. Also, cither the biconvex
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Fig. 6 Methods used to compute wing alone and interference
aerodynamics.
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Fig. 7 Wing with modified double wedge airfoil section.

or modified double wedge design or if both BD and DE were
zero, the airfoil would be a wedge. Also, either the biconvex
or modified double wedge design may have blunt leading and
trailing edges and the thickness to chord ratio may vary along
the span. The wing generators GK, HL, IM, and JN are
assumed straight.

Since the wing is thin, the linearized three-dimensional
equation of motion governing the steady flowfield is !

B2 =0, —¢.=0 * ©®

where subscripts indicate partial differentiation. Here, the
velocity potential ¢ is related to the perturbation velocities by

b =u (7a)
o,=v (7b)
p.=w (7¢)

The boundary conditions required for the solution of the
linear partial differential Eq. (1) are that the flow must be
tangent to the surface

w(xy)=¢_ (x,3,07) = (xx,0%) =(3F/dx) (x,)) (8)
and that the perturbation velocities must vanish upstream of
the most forward point of the wing. Referring to Fig. 7, this

most forward point is at x=0 "~ so that the second boundary
condition is

6.(0°.3,2)=6¢,(0",».2)=¢.(0",3,2) =0 )

‘The plus or minus superscript means the particular axis is ap-
proached from the positive or negative side, respectively.
Because of the symmetry of the airfoil, Eq. (8) indicates that it
makes no difference from which side one approaches the axis

=0.

Equation (6) is valid only where the perturbation velocities
are small. This means that in the neighborhood of a blunt
leading or trailing edge, some other method must be applied.
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Consider first a general three-dimensional wing with sharp
leading and trailing edges.

The general solution to Eq. (6) along the airfoil surface
(z=0) is6 ’
1 w(x,y)dx,dy,
¢(X,y,0):_ - L
™ V_ [(x—x,)?=8(y=y,)°}"
(10)

where L indicates the region of integration. The source
strength w(x,,y,) is related to the local slope of the airfoil
surface through the boundary condition Eq. (8).

In previous works w(x,, y,) was assumed constant or a fun-
ction of x only (the slope of the airfoil surface was the same
all along the span), so the integration of the above integral
could be carried out in closed form for simple wing plan-
forms.!® In the present analysis, the slope of the wing is
allowed to vary in the spanwise as well as the chordwise direc-
tion so the integration of Eq. (10) cannot, in general, be
carried out in closed form. One approach would be to define
the slope of the given surface and carry out the double in-
tegration by numerical quadrature. However, one must be
aware of the singular nature of the double integral where
(x—x,;) =8° (y—y;)? during the integration process. A
simpler approximate method, in analogy to the tangent wedge
or tangent cone theories, is to assume that on a small element
of the wing surface, w(x,, ;) is constant. Then, if the region
of integration of Eq. (10), ¥ ,is assumed to be over a small
element of the wing, one may write

w(x,y) SS dx,dy,
7f Yo [e—x) =B y-y?1”

an

Equation (11) is now in the form given in Ref. 16 for simple
planform geometries and the integration can be carried out
directly. Again it should be emphasized that w(x,y) is the
slope of the airfoil surface at a given point and may vary for
each element of the wing.

This analysis applies to airfoils with sharp leading and
trailing edges. If the airfoil leading or trailing edge is blunt,
some other method must be applied in the vicinity of the blun-
ted portion because the assumptions of perturbation theory
are ‘violated there. In analogy to the body-alone work
discussed previously, modified Newtonian Theory will be ap-
plied to the blunt leading edges and an empirical afterbody
separation pressure correction applied at the blunt trailing
edges as will be discussed later.

If it is assumed the blunt leading edge of the wing is cylin-
drical in a direction perpendicular to the leading edge, then
this circular shape appears as an ellipse in the streamwise
direction for sweptback wings. Thus, for a given point on the
airfoil leading edge with coordinates (x,y,7), it can be shown
that the slope 6 of Eq. (1) is

¢(X;.,V;0) =

0(x,y,z) =tan"' [ V5cOoS A, (r g(¥) —xcosA,)] (12)

Note that Eq. (12) assumes the leading-edge radius may vary
along the span, that is 7, = r,(»). The pressure coefficient
over the elliptical leading edge can now be calculated at each
airfoil section by combining Egs. (1, 2, 12, and 18).

In analogy to the body-alone work, the question again
arises concerning the match point between the modified
Newtonian Theory and first-order perturbation theory. In the
body alone work, the second-order perturbation theory was
started as far upstream on the spherical cap as possible while
still getting reasonably accurate perturbation pressure coef-
ficients. It was found that slopes of 25-30° were optimum.
Although the results were unpublished, it was found in that
work that if first-order instead of second-order perturbation
theory were used, this angle must be reduced to about 15°.
Also, it was found that second-order theory accounted very
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well for the over-expansion region around the spherical cap
whereas the first-order theory did not. The important analogy
to be drawn from this discussion is that for three-dimensional
wings, a first-order (rather than a second-order) theory is
combined with modified Newtonian theory to calculate wave
drag when the leading edge is blunt. Thus, in analogy to
bodies of revolution, one would intuitively expect the angle
where perturbation theory begins to be around 15°. A discon-
tinuity in pressure coefficients of Newtonian and perturbation
theory is expected at the match point due to the failure of the
first-order theory to account for the over-expansion region, as
shown qualitatively in Fig. 4.

If the first-order pressure coefficients are computed at-¢,
=15° (see Fig. 4), and the flow allowed to expand to the
match point x;, the drag coefficient of the blunt leading edge
can be found as
4R, bC, cos? A, sine, - sin’e, (13)
Sret' 3

Cap=
where

_rp) o (g,
ave 2

and ¢, is the angle corresponding to x,;. The drag of the sec-
tion aft of the cylindrical leading edge can be found by
numerical quadrature of the integral

8 bh/2 pe(y)
Com 5 |, | Cotemminrdcay a4

where C,(x,y)=—2¢,(x,»,0) and ¢, is found from stan-
dard closed formed solutions of Eq. (11) at each point as
discussed.

Wing Trailing-Edge Separation Drag

If the trailing edge is blunt or if its slope is large, the
boundary layer will separate somewhere on the rear of the
wing. This results in a high drag region similar to that on the
base of a projectile, except here the separation is a two-
dimensional as opposed to a three-dimensional phenomenon.
The pressure on the rear of the wing will then be that of a two-
dimensional rearward facing step. Chapman'” presents ex-
perimental results for a blunt wing with no slope at the trailing
edge. These results are presented in Fig. 8 as a function of
Mach number. Note that the data for M < 1.1 has been ex-
trapolated based on the general shape of the three-
dimensional base pressure curve presented in Ref. 6. If (r7z),
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Fig. 8 Two-dimensional base pressure coefficient.
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Fig. 9b Distance from base where fins do not affect base pressure.
X rg =distance from base to tail trailing edge where a fin of given
thickness has no affect on base pressure.

Body Base Pressure Drag Increase Due to Presence of Fins

There are several primary factors which determine the ef-
fect of fins on base pressure. These factors are fin location,
thickness ratio, aspect ratio, profile, sweepback angle, and
number of fins. Based on the small amount of experimental
data available, it is not possible to accurately account for any
of these factors for a general configuration. However, order
of magnitude effects of two of the variables, fin location and
thickness ratio, can be estimated using Refs. 17-21.

To estimate the effect of fin thickness to chord ratio on base
pressure, it will be assumed the fins are flush with the base.
The effect of the fins not being flush with the base will be ac-
counted for shortly. Figure 9a is a plot of ACp,/(#/¢) vs
Mach number. Here

c, = 2Cr

B S L(ree) o+ () ] 15)

ref

and (ryg), are the radius of the trailing-edge bluntness at the
root and tip, respectively, the trailing-edge separation drag
for cruciform fins can be shown to be

AC = (Crg) with tins — (€ pg) no fins

The points above M, = 1.5 were taken from the data of Refs.
18 and 19 whereas those points below M, were taken from
Ref. 21. Again it should be emphasized that as more data
becomes available, this curve could change significantly. For
a given Mach number M, the increment in base pressure due
to the presence of fins is then

(ACpy) ;= [(AC py/ (/) ] pgepy; (/) (16)
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Fig. 10 Slender body interference lift factors.

The values of #/¢ which Eq. (16) was derived for were 10% or
less.

The work of Spahr and Dickey ' has shown that if the fins
were placed upstream a given distance rather than flush with
the base, the effect on base pressure is not as great. Fur-
thermore, if the fins were moved far enough from the base,
they would have no effect on base pressure; the amount of this
movement dependent mainly on fin thickness to chord ratio
and profile. As seen in Fig. 9b, this distance varies linearly
with #/c up to values of 0.10. The curve in the figure is then
extrapolated from #/c=0.1to t/c=0.2.

Now if a linear variation of (AC ), is assumed between
its maximum when the fins are flush with the base and zero
when the fins are far enough away from the base, then Eq.
(16) may be modified in the form

(ACpp) y= = [(ACpg/ (t/€)] pyopg, [ (/) —0.1x/c];
t/c=0.1x/c

(ACpp) ;=0; t/c<0.1x/c (17
x/c in Eq. (17) is the distance (in chord lengths) upstream of
the base. This empirical relation was derived only for
cruciform fins.

For a given fin thickness to chord ratio and fin location on
the body surface, the change in base pressure can be computed
and added to the base pressure with no fins. As indicated in
Ref. 6, the approximate expression for total base drag is then

CDBchB(dB/dref)3 (18)

Wing-Body Interference Lift

Slender body theory as applied by Nielsen et al. 13 is used to
compute the interference lift components between the wing
and body. Strictly speaking, slender body theory, as indicated
in Ref. 13, is for low aspect-ratio wings which do not have
sweptback trailing edges. Under these assumptions, the stan-
dard interference lift factors are obtained as shown in Fig. 10.
Nielsen I3 has shown that good results can be obtained for
high aspect-ratio wings even though slender body theory is
used. However, for wings with sweptback trailing edges (par-
ticularly those of high aspect ratio) the interference lift factors
of Fig. 10 must be modified. Figure 11 gives a good indication
of how the interference lift factors of Fig. 10 should be
changed. Note that for the wing of Fig. 1la for which in-
formation is desired, the wing which slender body theory
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assumes is given in Fig. 11b. It is obvious that the interference
lift of Fig. 10 is too high. The present approach is to assume _
that the majority of interference lift is concentrated near the 000 & pA T T T
wing root chord and linearly distributed across the chord. a) : ’ w;cu NUMBE'; - :
Although this appears at first sight to be a rather severe
assumption, it tends to give good agreement with ex-
perimental data as will be discussed shortly. In equation form, 207 © EXPERIMENT (REF. 23)
this assumption may be stated as — THEORY °
Cp
[Kgm ) =[Kpuml /G (19a) 1.0 °
(Kol p=1+({Kupli—1G (19b) ¢
kwmyl =1+ Tk, —1)G (19¢) 00 T T T T 1
4.0+
[kB(w)]II:([kw(B)]I_[kW(B)]I)G (19d)
where G= (c,) ;/ (c,) ; and the subscript I7 refers to the ac- On
tual wing being considered and subscript I refers to the wing 2.0 °
for which the slender body interference lift factors of Fig. 10 °
are valid.
Hl Comparison with Experiment 0o ' ' i ' !

The only true test of the validity of assumptions made, as 107 ¥
well as the accuracy and usefulness of the general computer Xep jo_
program, is to compare it with experimental data. To date, (CALIBERS
numerous cases have been considered embracing various body S;"gg,
and wing geometries, as well as freestream conditions. Many 5] o
of these cases are presented in Refs. 6, 14, and 22. Since the ] o Q ° 100
body alone work has been checked out previously 3¢ emphasis f
here will be placed on the entire missile or guided projectile 0.5 e
configuration. L

Three configurations are chosen, the first of these a simple A M . A 5 25
tangent ogive cylinder with tail fins and the remaining two b)

rather complicated configurations. The tangent ogive has a
pointed nose and the tail fins have sharp leading and trailing
edges with aspect ratio two. Figure 12a compares the
theoretical drag, normal force coefficient derivative, and cen-
ter of pressure as a function of Mach number with ex-
perimental data. Figure 12b compares the same coefficients as
a function of angle of attack for Mach 1.3. The experimental
data are taken from Ref. 23. The agreement here is within
+ 10% on force coefficients and center of pressure within a
half caliber.

A more complicated wing-body configuration is considered
in Figs. 13a and 13b. This case has a 40% blunt nose with a
boattail present. The tail fins are aspect ratio 4.5 with a
modified double wedge airfoil section. The airfoil section has

ANGLE OF ATTACK - CC (DEGREES)

Fig. 12 Static aerodynamics of a missile configuration: a) R=2.0,
A=0°,A=1.0,and «=1°; b)) R=2.0,A=0°, A=1.0,and M, =1.3.

blunt leading and trailing edges (similar to Fig. 7). Referring
to Figs. 13a and 13b, the theoretical drag is high in the tran-
sonic range by about 10% but otherwise the agreement on all
force coefficients is good. The agreement of theory and ex-
periment on normal force coefficient at transonic Mach num-
bers is better than expected considering the empirical nature
of the methods used in that Mach number regime. On the
other hand, the empirical method can only be as good as the
theoretical values of C at M, =1.2 and M, =0.85 (which is
the force break Mach number).
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Fig. 13 Missile configuration, R=4.5; a) drag and center of
pressure; b) normal force coefficient derivative.

b)

The final example chosen is a complex canard-body-tail
configuration. The body nose is 60% blunt with two ogive
segments and a 0.7 caliber boattail. The canard has an aspect
ratio of two with a sweepback angle of 15°. Its shape consists
of a sharp wedge leading edge with a constant thickness sec-
tion following. The trailing edge is truncated parallel to the
leading edge. The tail has an aspect ratio of four with cylin-
drical leading and trailing edges and where A, =30°, A, =
2.25°, A; =37°, and A,=30°. The tail thickness to chord
ratio also varies along the span. The detailed canard and wing

J. AIRCRAFT

geometry previously listed is not needed in calculating lift, but
it must be known for drag computations. The results of the
calculations for this configuration are shown in Fig. 14.
Figure 14a gives the normal force and center of pressure for
M, =1.6 and at various angles of attack. Four curves are
shown in the figure: canard-body-tail with canards deflected
by 10°, canard-body-tail with no canard deflection, body-tail,
and finally body alone. Several points are worthy of note in
this figure. First of all the body-alone solution agrees very
well with the unpublished experimental data up to «=16°.
Above a=16°, the theory is low which is probably due to not
taking into account Reynolds’s number effect in the body
crossflow drag coefficient. The next point is that for this con-
figuration, the tail lift is about 10% too high and the canard
lift about 15% too low so that the total lift agrees almost per-
fectly with the experimental data up to the point where stall
begins to occur {(a>14°). This in turn causes the center of
pressure to be more rearward than the experimental data
suggest by about half a caliber. It is suspected that the theory
being high for the high aspect-ratio tail and low for the
moderate aspect-ratio canard is due to the flowfield in-
teraction effects from the complex configuration and will not
in general be true for other cases. However, it does indicate
that the theory can be used quite effectively in design, even for
quite complex wing-body-tail geometries. The final point to
be emphasized from Fig. 14a is the fact that no attempt has
been made to predict stall characteristics. As seen in the
figure, for this configuration, stall occurs around o=15° at
M, =1.6. However, if the wing thickness or freestream
Mach number is changed the stalling’angle of attack will also
change.

The drag characteristics for this same missile are shown in
Fig. 14b. The drag is shown as a function of Mach number
and again the total force is broken down into its components:
body alone, body tail, and canard-body-tail. The body-alone
drag is acceptable in supersonic and subsonic flow but is unac-
ceptable in transonic flow where the empirical nature of the
theory does not account for nose bluntness. The wing-alone
drag shown at the bottom figure, includes the increase in base
drag due to tails. This causes the tail drag to be high because
the theory predicts this base drag increase to be significantly
higher than the experimental data suggest. However, the
body-tail drag is still within the = 10% category. Finally, the
canard drag shown at the bottom figure, is added to the body-
tail drag and the overprediction of tail drag is compensated
somewhat by the underprediction of canard drag.

As was mentioned earlier, the tail has a cylindrical leading
edge for which the combined Newtonian perturbation theory
must be used to calculate the pressure coefficient. Figure 14¢
presents this pressure coefficient in the vicinity of the leading
edge for Mach 2 and at a spanwise station of y/(b/2)
=12.5%. The discontinuity in pressure coefficient caused by
the difference in Newtonian and perturbation theory
estimates occurs at a match point of x/¢=0.009.

IV. Computational Time and Cost

Although the method presented herein for computing
aerodynamics of guided or unguided projectiles actually con-
sists of several rather complicated theoretical and empirical
procedures, the cost to obtain force and moment predictions
is relatively small. For example, the most complicated con-
figuration considered to date was the canard-body-tail shape
in Fig. 14, To compute the aerodynamics at ten Mach num-
bers for a small angle-of-attack takes about 5 min on the CDC
6700 Computer or costs about $75. Aerodynamics at super-
sonic Mach numbers costs about twice as much per Mach
number than at subsonic or transonic Mach numbers. If the
body has a pointed nose, or if there are no canards, or if the
tails are absent, this time and cost can be reduced con-
siderably. For example, consider the pointed body-tail con-
figuration of Fig. 12. This case took less than two minutes of
execution time for ten Mach numbers and cost about $25. It is
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Fig. 14b Drag of a missile configuration and its components.

thus believed that the present method is very cost effective
compared to experimental methods in that reasonably ac-
curate results for forces and moments can be obtained at a
very small cost.

V. Conclusions and Recommendations

1) A general method has been developed consisting of
several theoretical and empirical procedures to calculate lift,
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drag, and center of pressure on wing-body-tail configurations
from Mach 0 to about 3 and for angles of attack to about 15°.

2) Comparison of this method with experiment for several
configurations indicates that accuracies of + 10% can be ob-
tained for force coefficients of most configurations. This is at
a cost of $75 or less for ten Mach numbers in the range
O0<M_<3.

3) Second-order perturbation theory can be combined with
modified Newtonian theory to adequately predict pressures
on general shaped bodies of revolution. This is true for super-
sonic Mach numbers as pow as 1.2 even though Newtonian
theory was derived for high Mach-number flow. First-order
perturbation theory can be used in conjunction with modified
Newtonian theory, to calculate wave drag on wings with blunt
leading edges. However, at low supersonic Mach numbers
M, <1.5) relatively large discontinuities in pressure coef-
ficient exist at the match point.

4) Wave drag of wings with variable airfoil section and
thickness to chord ratio along the span can still be calculated
by conical flow theory if the local source strength is computed
at each point on the wing and based on the local slope at the
point.

5) Changes in body base pressure due to the presence of tail
surfaces is not known sufficiently for all airfoil shapes. It is
recommended that a systematic wind tunnel study be con-
ducted for Mach number, 0<M_ <3, angle of attack, 0 <«
=<20°, and various airfoil geometries to empirically estimate
this change. :

6) Although much progress has been made in transonic flow
theory, no simple method exists for calculating wing lift or
wave drag on complicated wing configurations. It is thus
recommended that much work continue in this area until prac-
tical tools are developed.
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